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Abstract- The main objective of this paper isto design a Low-Earth-Orbit (LEO) Satellite Power Subsystem
based on the variations in orbit parameters. Additionaly, finding out the optimal orbit, altitude, and
inclination angle; considering both solar array components and energy storage devices.

There are two main challenges in this work. The first challenge is to provide the Electrical Power Subsystem
(EPS) with an additional power to compensate for the solar cell’s degradation until End-of-Life (EOL) due to
the presence of ararefied atmosphere in LEO. The second challenge arises as aresult of eclipses experienced
by LEO more frequently and thus more charging/discharging cycles than satellites in Geosynchronous Earth
orbit (GEO) leading to more stresses on the LEO batteries, which means higher degradation and lower
performance.

Accordingly, the aforementioned challenges were tackled by the simulation and analysis based on the
variations of the orbit parameters using Satellite Tool Kit software (STK8.1.1) to result in the optimal orbit,
atitude, and inclination angle which provide maximum value for the total generated energy by the solar
array during the mission. More importantly, we arrived at the minimum mass and area for solar array
simultaneously with minimum values for the batteries’: mass, volume, capacity, and total number of cycles,

leading to areduction in the charge/discharge cycles, i.e. lower degradation and higher performance.

Index Terms- Altitude, Betaangle, Inclination angle, LEO Satdllite, Orbit parameters.

1 Introduction

Satellite electrical power subsystem plays an important role in its mission performance. To perform the
mission successfully, the satellite should be provided with an additional power to compensate for the solar
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cell’s degradation until EOL. The choice of orbit for a LEO remote sensing satellite is governed by the
mission objectives and payload operational requirements [1].

Orbit parameters have direct impact on the electrical power subsystem (EPS) design process such as
topology selection, solar array type, batteries type and sizing [2]. Also orbit parameters affect the load
requirements and cost. The EPS design needs an intensive evaluation study for the influence of the orbit
parameters variations to provide a robust design approach against any uncertainties in those parameters.

In order to analyze the approach of sizing the required power source; two main objectives should be
followed [3]. The first objective understands the impacts of the orbit parameters variation and their
interactions dynamics with the EPS design and operation. The second is evaluation of the importance of their
effects.

The case studied has been considered in 3 different orbits at altitudes ranging between 400 km-1200 km, and
inclination angle ranging between 40 deg-120 deg, to investigate the impacts of variation in the main orbit
parameters e.g. dtitude and inclination angle. Then the sizing of power sources has been evaluated via
comparing the results of in-orbit simulations of EPS operation. In addition, some indirect impacts of the orbit
parameters change are evaluated by anaysis and calculation of the interaction between EPS and other
subsystems. The results support and show how the sizing and operation of EPS are under the influence of
orbit parameters variation via certain factors, such as orbit period, duration and the fraction of
eclipse/sunlight phases, received solar irradiance by solar pandls, and received thermal fluxes from the Sun.

Kim et al. [4] show statistical data analysis of EPS on-orbit anomalies and failures; it isfound that the EPS
of LEO satellites experienced much more severe anomaly and failure events than the EPS in GEO satellites;
In addition, eclipses experienced by LEO more frequently and thus more charging/discharging cycles than
satellites in GEO leading to more stresses on the LEO batteries, which means higher degradation and lower
performance. Atomic oxygen (in altitudes below 800 km [5]) that can react with thin organic films, advanced
composites and metalized surfaces, resulting in degraded sensor performance, solar arrays are directly

concerned by this type of corrosion and can suffer significant performance degradation.

Jang et al. [6], show that for solar array design, minimum voltage for operation of spacecraft and payload
unit, string failure, cell degradation and radiation effects for marginal design is considered. Shadowing that
solar cell will go into open circuit when not illuminated. Also, in a series connected string of solar cells, the
shadowing of one cell results in the loss of entire string. GaAs triple junction cells which have 27.8%
conversion efficiency at BOL (Beginning of Life) were used to meet the power requirement.

The most recent triple-junction solar cells[7], exhibit 30% conversion efficiency under air-mass zero (AMO)
conditions. These cells produce more than twice the end-of -life (EOL) power than the best space silicon solar

cells ever produced. Higher performance (i.e., 33% efficiency) and thinner multi- junction cells, such as the
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inverted metamorphic (IMM) solar cell technology presently under development will further enable higher
power and lower mass (W/Kg) solar arrays, enabling satellites with greater power and capabilities.

Previous work by Shekoofa and Taherbaneh [3] used STK software in power source sizing in EPS (from
1/4/2003 to 1/4/2004). The operation scenarios are investigated for a life time of 3 years. The solar array
contains 4 panels, which are assembled by triple-junction gallium arsenide (GaAs) solar cells with 26%
efficiency. Only one nickel-cadmium battery had been used, however we believe that; it exhibits memory
effect and low energy density [8-10], so in case of nickel-cadmium the total number of batteries used should
have been three [11, 12] in the following manner: the first for operation, the second battery should be added
for reconditioning purposes, and the third one in order to consider the possibilities of spacecraft redundant
operation, which will add significant mass and cost. Also the number of cycles was (401098.9-329670.32)
for altitude range (400-1200) km over a period of 3 years which we believe was wrongly calculated and it is
more than 20 times the exact number; the wrong calculation affects three aspects of the battery as follows:
the battery voltage at the end of charge, battery capacity at the beginning of life and battery capacity at the
end of life. Moreover in calculating the 3 angle (the angle between the orbit plane and the sun solar vector),
the used equation is wrong and the correct equation [13, 14] is

sin{ff) = cos( & ) sinfi)sin( 1 — 0 ) + sin( 6 icosi(il)
1)
Where 8¢ Sun declination, i: inclination angle, Q: right ascension of the ascending node, and s: Sun
right ascension.

In this paper four body mounted are selected as a structure for the case studied because the cells are
mounted directly on the spacecraft body without using a honeycomb substrate to save mass and gimbals [9].
Also triple junction GaAs with 30% efficiency is selected because it is more efficient and it has been already
proven to work on space satellite. Accordingly power at End —of-Life (EOL) will be increased for the same
Photovoltaic (PV) area. Moreover, Lithium-ion proved to be the best choice for the case studied, for their
high energy density, rapid charge characteristics, low mass, and lack of memory effects [8-10, 15]. Two
Lithium - ion (Li-ion) batteries are selected to be more practical considering the possibilities of spacecraft
redundant operation [11, 12]. The Satellite Tool Kit (STK) version 8.1 and the Matlab R2008a software

have been employed for simulation and analysis.

2  TheCase Studied
LEO satellite is assumed to be designed in order to detect, identify, and monitor fires throughout Cairo,
and Suez Gulf area. An investigation of this satellite power sources operation in different orbits assuming the
atitude ranges of 400, 450, 500,...., 1200 km is done. The calculated equations and the programming on
(STK 8.1.1) will be used to get the results in thiswork by creating 90 scenarios, for 3 years (from 1/1/2011 to
1/1/2014) and 5 years (from 1/1/2011 to 1/1/2016), in order to evaluate and select the optimal orbit, atitude
and inclination angle; considering both solar array components and energy storage devices for this satellite.

3
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The satellite EPS operation occursin 15 circular sun synchronous (SS) orbits (group A), 15 circular inclined
(non sun synchronous) orbits with identical inclination in different atitudes (group B), and 15 other circular
inclined orbitsin the same altitude with different inclinations (group C) will be estimated.

3 Orbit parameters
Tables 1, 2, and 3, show the main orbit parameters. As shown in Group (A, B), orbit period (OP)
increases with the increase of the orbit atitude, the total number of Cyclesin 3, and 5 years (365 day per

life
2 . i ite —
yearx 24hour per day x 60 minute x satellite OP ) is decreasing with the increase of the orbit

dtitude. In group (C), (OP) is dlightly increasing with the increase of the orbit inclination angle until it
reaches 90" and then it dightly decreases with the increase of the inclination angle, the total number of

Cyclesin 3, and 5 years is decreasing with the increase of the orbit inclination angle until it reaches 90’

and then it increases with the increase of the inclination angle.

Tablel Main orbit parameters (Group A)

Group A

Altitude Inc OP[11, 12] #Cycles #Cycles
[km] [deg] [min] in 3years in Syears
400 97.03 92.393 17066.78 28444.6
450 97.21 93.415 16880.42 | 28134.00
500 97.40 94.44 16696.32 | 27827.20
550 97.59 95.469 1651791 | 27529.90
600 97.79 96.502 16339.90 | 27233.20
650 97.99 97.539 16167.33 | 26945.60
700 98.19 98.58 15995.13 | 26658.60
750 98.39 99.624 15828.15| 26380.20
800 98.60 100.671 15663.06 | 26105.10
850 98.82 101.723 15501.38 | 25835.60
900 99.03 102.778 15343.00 | 25571.70
950 99.25 103.836 15186.36 | 25310.60
1000 99.48 104.899 15032.89 | 25054.80
1100 99.90 107.034 14732.32 | 24553.90
1200 100.40 109.183 14442.21 | 24070.30

Table2 Main orbit parameters (Group B)
Group B

Altitude Inc OP[11, 12] #Cycles #Cycles
[km] [deg] [min] in 3years in Syears
400 70 92.384 17067.89 28446.48
450 93.405 16881.32 28135.54
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500 94.432 16697.73 27829.55
550 95.463 16517.39 27528.99
600 96.497 16340.4 27234.01
650 97.536 16166.34 26943.9
700 98.577 15995.62 26659.36
750 99.622 15827.83 26379.72
800 100.669 15663.21 26105.36
850 101.722 15501.07 25835.12
900 102.779 15341.66 25569.43
950 103.838 15185.19 25308.65
1000 104.907 15030.46 25050.76
1100 107.042 14730.67 24551.11
1200 109.193 14440.49 24067.48
Table3 Main orbit parameters (Group C)
Group C
Altitude | OP[11,12] | #Cycles #Cycles
Inc [deg] : : :

[km] [min] in 3years in byears

40 400 98.40 16024.39 26707.32
45 450 98.43 16019.51 26699.18
50 500 98.46 16014.63 26691.04
55 550 98.49 16009.75 26682.91
60 600 98.52 16004.87 26674.79
65 650 98.55 16000.00 26666.67
70 700 98.57 15996.75 26661.26
75 750 98.59 15993.51 26655.85
80 800 98.60 15991.89 26653.14
85 850 98.61 15990.26 26650.44
90 900 98.61 15990.26 26650.44
95 950 98.60 15991.89 26653.14
100 1000 98.58 15995.13 26658.55
110 1100 98.55 16000.00 26666.67
120 1200 98.50 16008.12 26680.20

3.1 Eclipse Time

|EE156- 5 |

Eclipse time and its fraction (eclipse time to period ratio (TZ/OP)) affect largely on EPS magnitude and

operation. In Figs. 1- 2 the variation of the eclipse time and its fraction are presented for the three groups.

Eclipse time and its fraction are both affected by the orbit altitude and the inclination angle.
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w

Fig. 2 Average Eclipse fraction with altitude group A, B (l&ft), and with inclination group C (right)

In Fig.3, the trend of eclipse time variation is clearly descending with the altitude increment for a certain
inclination, but the variation of eclipse time versus inclination angle is relatively complex, mostly in the area
of inclination angle of sun synchronous (SS) orbits, this area should be investigated thoroughly from all
aspects to determine whether it is possible to make use of it or not since the eclipse time is very small
(23.09 min) compared to other eclipses times which means less PV, batteries requirements. It should be

noted that Fig.3 represents the averaged val ue of eclipse time during ayear.
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Fig.3 Variation of eclipse time (averaged for one year) versus atitude and inclination
3.2 BetaAngle

Beta angle defined as the angle between the Earth—Sun line and the orbit plane when the spacecraft
is close to the sun, it varies between —90° and +90° as shown in

Fig. 4. Beta angle affects the EPS condition and operation. It also affects the therma control

subsystem design. Beta angle in (1) depends on many parameters; such as . i, [12, 14], and Q as depicted in
Fig. 4. The beta angle as shown in Fig. 5. varies seasonally between (i + 23.45) [9, 12, 16].
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Autumnal equinox
September 21

Summer solstice
June 22

Winter solstice
December 22

Vernal equinox
March 21

Fig.5  Satellite in Earth’s orbit with seasonal variations [9]

Although there is no clear relationship between beta and dtitude, beta angle varies significantly with
inclination angle, so it must be considered precisaly in the evaluation of the EPS design and operation. On
the other hand eclipse time and its fraction are directly in relation with beta angle as stated in (2), (3), and

(4).

R 2
1-— Earth
1 1 . 1IN ‘ / nrhit"
Tg = 5+ —sin 1 . -
2. cos(B) Lif 1Bl < B [9] (2
1 1[\ h? + 2Rgap H)
fg = —cos -
n \Rgazen + HicosiB)] if I5l< = 13, 14]
©)
Also,
.l_l'REarth' i .|~
orbit
fep = —cos~1}2
i cos(B) , if 181 < B° [9]
4)
Where; 7 += sin"(-1) Z(R,Earth /R orZit ] ) [9, 13, 14
®)
Rorzie = (RiEar=h) + H[9, 12-14] (6)

Rgazwh isthe Earth radius (6378 km), H is orbit atitude, T- isthe eclipse time, f- isthe eclipse fraction

and Beta-star 5” isthe betaangle at which eclipses begin.
8
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The minimum and maximum values of beta angle are calculated by using the STK software and listed in
Table 4.

Table4 Minimum and Maximum values for beta angle

Altitud Group A Group B Group C
e 6:‘!1:!1 Smar; J‘Gm::‘l 6:‘1‘!5?& Inc !5‘:"11::‘1 J‘Gmax
[km] [deg] [deg] [deg] [deg] [deg [deg] [deg]
400 -25.03 -15.13 -88.20 89.03 40 -63.30 63.43
450 -25.09 -15.06 -87.37 88.40 45 -67.52 68.07
500 -25.15 -14.99 -88.81 88.86 50 -73.33 73.16
550 -25.20 -14.91 -88.19 89.84 55 -75.14 75.77
600 -25.26 -14.84 -86.63 89.97 60 -83.37 82.94
650 -25.32 -14.76 -88.30 89.24 65 -85.07 88.12
700 -25.38 -14.68 -89.02 88.37 70 -89.02 88.37
750 -25.45 -14.60 -88.54 89.91 75 -85.82 88.27
800 -25.51 -14.52 -89.77 87.61 80 -85.35 85.47
850 -25.58 -14.43 -88.65 88.48 85 -87.94 85.55
900 -25.64 -14.35 -88.38 89.77 90 -66.56 66.56
950 -25.71 -14.26 -89.18 89.07 95 -85.72 68.84
1000 -25.78 -14.17 -85.87 87.59 100 -84.23 88.02
1100 -25.91 -13.98 -85.43 85.82 110 -89.47 88.02
1200 -26.06 -13.79 -89.66 89.28 120 -81.42 83.02

The most significant effect of the = angle on the power system design comes from the eclipse duration as

given by (2). In most satellites with the array always pointed to the sun (sun tracking), the = angle has an

insignificant effect on the generation of electric power. However, the thermal control system is impacted by
the = angle. Low = may require additional heaters, while high = may require additional cooling [9].
Also, the = angle impacts the solar array temperature, which in turn has a small secondary effect on the

power generation. As — angle increases, the eclipse duration decreases, which consequently requires a

smaller battery and less charging power during sunlight.

3.3 Solar Irradiance

Sun activities and solar intensity are time variable and they fluctuate throughout the year. In this

paper it is common to consider a constant value equal to 1353 W/m= for received solar irradiance above
Earth atmosphere.

4  The Studied Satelliteand Its EPS

The proposed satellite has a cubic structure with 4 body mounted solar panels in its lateral sides. The
required average and maximum power generation by EPS is assumed to be constant and equal 100 watts for
both light phases and eclipses.
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5. Power Sour ces Sizing and Oper ation

51 Solar Array Specification

The solar array contains four panels; the type of solar cell is (triple-junction gallium arsenide
(GaAs) solar cedls with 30% efficiency. The degradation rate is approximately 2.66% per year [3] and

the inherent degradation equal to 1a =0.77. The solar panels incidence angle (= ) is assumed to be 45
degrees in the worst case, and each panel alone should be able to generate the required average power.
The array performance at BOL and EOL are calculated from (10), and (11) and listed in

P- isthe output power with sun normal to the surface of triple junction Ga As, APgzL iT  the

array performance at BOL, APg-t jsthe array performance at EOL, A= s the solar array required

area, and M- isthe solar array required mass[11, 12].

Table5, for 3 and 5 years satellite life time.

The amount of average power that must be produced by the solar arrays, "Psa" is

P,,(3,5 Cears)— ((PeTe[3,S:ears'|/rlé) + (Pdel:3,5:ears‘||/,-ld)) ; T-

i3,5yeals! (7)
Where Pa = 100 watt and P= = 100 watt; where P= isthe averaged required power in eclipse phase, and
P4 is the averaged required power in daylight phase. Mle , Mla are the efficiencies of the paths from the
arrays to the batteries and to the loads, while T= T= aretime duration duri ng eclipse and daylight in minute.
In this paper le and "4 are considered to be 0.65 and 0.85 respectively,

Pgor! 3,5 Cears| (Watt) =

lite lif
P..(3,5years) x | 1+ degradation rate per yeaZ et (8)

Where Peo= s the power at the beginning of life to provide the EPS with an additional power to

compensate for the solar cell’s degradation until EOL, and P is assumed to be the amount of average
power that must be produced by the solar arrays at EOL. Considering,

P,0 (w/m'2) = ( Efficiencies for the cells) x (solar flux constant; w/m~) 9)

10
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“'
APgo, (F): Po x I3 X cos(8) (10)
APEDL' 3,5 iyearZ (i) I L . satellite life
‘ m?/ =APgo (3,5 Jyears x | 1 — degradation ratZ per year| (11)
Pgor ' 3,5 !years
A;,'3,5 Cears Iim_-)-APg-,'3,5 Jyears

(12)

Pgor! 3, years
25

M (3,5 lyears (Kg) =
(13)

P- isthe output power with sun normal to the surface of triple junction Ga As, APg-L iT  the array

performance at BOL, APezL s the array performance at EOL, Asz s the solar array required area,

and M~ isthe solar array required mass[11, 12].

Table5 Thearray performance at BOL, and EOL

Group A,B,C
APgzi (w/m-) APgzr (W/m'2)
3 ,5years 3years 5years
221 203.83 193.13

From the previous table it is clear that EPS has been provided by an additional power until EOL to
compensate for the solar cell’s degradation at EOL in satellite.

According to (7), (8), (12), and (13), the amount of average power that must be produced by the solar arrays
at (EOL) P_(EOL)  (BOL) "Pi(BOL) ", solar array required area~ "“AZi(sa) " | and their overall mass
"M" have been caculated, and listed in Figs 6-9.

11
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Fig.9 Solar array masswith atitude group A, B (left), and with inclination group C (right)

Solar array (power at BOL and EOL, area, and mass) are both affected by the orbit altitude and the
inclination angle, as shown in Figs 6-9.

52 Solar Array operation during the Mission
time of producing energy by solar panel
Solar array duty cycle (time wZich satellite is under Sun projection) should be calculated

to determine the total generated energy by the solar arrays in three and five years for each orbit. Then the

dependency of the solar array duty cycle and power generation to orbit parameters can be evaluated.

In addition to orbit period and eclipse fraction, there are two more important factors to determine the amount
of received solar irradiance by solar array. These factors are the angle of solar incident to the panel, and
panel operation coefficient. As mentioned before, the first factor is considered to be 45 deg in the worst case,
but the second factor can be formulated in (16) for a given cycle.

The eclipse angle ¥ = and the half daylight angle Y== (e.g. if the orbit has 25% of eclipse then ¥ = 2 and
3

Yaa =& ) asshownin Fig. 10, and can be computed as [17].

.REarth- - Rarhit- cos? B

arctan - = Rearth
2 N Rorbit~ — Rearh” if | cos ﬁl Rarbit
Ye =
(14)
> Rearth
0 ifjcos | Rorbi
M
‘.I"h: = 2 (15)
1 [Yha . . .
a=5=! (pisinPBsing +pycosp+.pzsinPcosg)de
“Mvhg (16)

13



Proceedings of the 8" | CEENG Conference, 29-31 May, 2012 | EE156-14 |

Where (P=, P2.P2) isthe panel normal vectors, = isthe satellite rotational angle along the orbit.
If it is required to determine the panel operation coefficient during a long period (Uca) it is possible to

calculate the integral of Ca over the range of annual beta angle variation from Table 4, and (17).

=g

Satellite
MNoon

Fig. 10 Illustration of different vectors and angles of satellite attitude [3]

1 .'Smx

s | ||| Cad
UC. = Bmax- Bmin ‘B umin (17)
To make thisintegration first integrate
fc. -
W=.
Using (14)-(16) we can find that
W=
+C
(18)
Where C is constant
To do thisintegration we have considered that - isindependent of — in (16). Then we have,
Uc . (3.5)year = p, x |msinB,, ~ —sin By, xtan™? -1+ R°'b"_, e Bm‘f + 1 —RL"“, x cosh1 7/ —
h N Rorvit™ — Rearm™ \ Reartn” 1o
Uc_ (3.5)year = p; x|msin P, ~ —sin By, x tan™? -1+ R‘"t"", o B“"‘“: - _!1 -RL"“, x cosh~1 —_(
o y Rorbit™ — Rearmn™ \ Rearn™ | 4
A\

14
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u U
Crnaxi 35 vearsi— Coun(3 Syears|

ﬁmaxr 3.5 years |- Bmml 3.5 years| (21)

Ug, (3,5 Jyears =

The calculated values of Uc: in satellite noon (# =0) for panel normal vector p = (0, 1, 0), as depicted in
Fig. 11, for each orbit. This parameter is found close to 93.83 % for sun synchronous orbits (group A). The
average operation time during the mission is calculated from (22) and then presented in Fig. 12. Based on
these data, the average total generated energy by the solar array during the mission is calculated from
(23) and then presented in Fig. 13. In these calculations, panel temperature is assumed to be 25°C because of
an assumed spin rate (refers to the speed it spins on an axis while in flight, measured in rpm) higher than 5
rpm to equalizes the temperature of satellite different sides. It is also assumed that there is one and just one
panel which supplies the satellite at any time.

Uc,'3,5 lyears x Tyl hr! 3,5 Zears ! x satellite life x 365 day x “4 hr
OP hr! 3,5 years!

Avg opti 3,5 Iyears (hr) =

(22)
TGE( 3,5 |Cears (Kwhr) =
Avgopt hri 3,5 yvears' x 100 watt (23)

Where (Avg0PT) is 4o average operation time during 3, 5 years, and (T63) is the tota generated

energy during 3, 5 years.

0
rrcorcy= N SV SN S S
I I T T T T
-GapB3yay | h I I I I
[€eVeZ5Y:: s il o Bl e A e
~<GapBSyeay ! I | | | |
| I | | | |
1 W Ny Y [ O A (S
) | | I | | | |
E % | [ | | | |
=] | | I N b -
E T g P I R S8 B e e
. . | [ I | | |
E_ g | ’\V/" | | | | |
g 1 A S B O S B
[ i i i I i
E 3 o I I I I I
ﬁ A7 I I | I I I
o 1 I 1 1 1 1 1
i) 8D 6D ™ 8 9D mw w M

16

AgapqedinTinedringthenissan(r)
AgapgadinTinediirgtrenissan(r)

15



Proceedings of the 8" | CEENG Conference, 29-31 May, 2012 | EE156-16 |

Fig. 12 Average operation time during the mission with altitude group A, B (I&ft), and with inclination

group C (right)

Tod greasleany drimtrenisan(en)

Fig. 13 Total generated energy by solar array during the mission with altitude group A, B (l&ft), and with inclination

group C (right)

As shown in Figs. 11-13 group (A) enables maximum value for both of the solar array operation coefficient

(UC: ) which is calculated close to (93.83 %), average operation time during the mission (Avg opt) and total
generated energy (TGE) by solar array during the mission at atitudes ranging between (700-1200) km.

53 Battery Specifications and Operation

During the mission, Lithium - ion is considered in this paper because it matches with space qualification
and has adequate characteristics aslisted in

Table 6.

Table6 Characteristics of [Lithium — ion] Battery

Depth of discharge Energy Density specific energy density
Type of Battery _
(DOD) [%] [Whr/lit] [Whr/kg]
Li-ion 30 150 120

Nominal voltage of 28 volts based on these assumptions and the defined orbit parameters, which should be
28 volts at BOL, normally. This parameter is calculated by assuming a 0.0182 volt decrement per each 1000

cyclesfor space qualified Battery [3, 18].
Thetotal number of cycles per year is shown in Fig. 14, and is given by (24).

Total number of cycles (3, 5) (# cycles) =

365dCy %X 24 hour X 60min X | satellite life

OP(min; (3,5 ye:rsl:l

16

(24)
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odesinoeyer

Fig. 14 Tota number of cyclein one year with Altitude group A, B (left), and with inclination
group C (right)

As shown in Fig. 14, it is obvious that the total number of cycle in Group (A, B) is amost identical,
moreover any increment in orbit altitude increases the orbit period and decreases the number of cyclesin
orbit. This leads to reduce the charge/discharge cycles. So we can use the battery with more DOD or use the
battery for alonger life with the same DOD; which means lower degradation and higher performance. On the
other hand, in Group (C) when the satellite inclination angle increases in a certain altitude, OP is slightly
decreasing until it reaches 90 and then it dightly increases with the increase of the inclination angle.

As the worst case, a peak power consumption of 100 watts is assumed. Then the Battery voltage at end of
charge (end of eclipse phase) VED, and the required battery capacity €~ for both of (BOL, EOL) are
calculated from (25)-(28), and then presented in Figs. 15- 17.

Pe x Tel 3,5 years)
C, (AH!= y

'DODI X T X nx60 xVy,: [3 11,12]
(25)
Where P= isthe required power in eclipse phase, T- s eclipse duration, N isthe batteries number, N is
taken 2 because the spacecraft needs redundant operation if one unit failed and nis the efficiency of
discharge path from battery to load =90% for our study, and Vbuz s battery bus voltage =28V.
Cegor 3,5 'veZrs (AH) =

i ®cyclesi 3,5 iy=ars |

Pe x Te( 3,5 years: X i 1 + degradation rate per year satellitelife » /4 . 0 0182 1000
(DOD XN xn xVy,, x60)
(26)
( Vhus !
s 1% cycles 3,5 iyears |
VED (3,5 )years | Zolt| _, 1+0.0182} 1000
(27)

17
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Pe x Tei3,5 years)
Coeo1 (3,5 dve=rs (AH) —DOD% X N xn x 60 x VED(Z,5 )years
(28)
Z T T T T T T T
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% £ bbb+
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g g I
] v
Fig. 15  Battery voltage at the end of charge (VED) with atitude group A, B (l&ft), and with inclination
group C (right)
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Fig. 17

The required capacity at EOL with atitude group A, B (left), and with inclination group C (right)

According to these data, battery sizing can be calculated from (29), and (30), and then presented in Figs. 18-19.

Cegor (3,5 Jyears x V.

Battery maSS(3.S velrs kg = PN

Where= "—e;b"; =y ©
=150 Whr/lit

is the specific energy density =120 Whr/kg, and= "eid=y ~

18

(29)

is the Energy Density
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Crgor (3,5 Jyears X Vi,

Battery volume(3.5 JveZrs |itre= 0z (30)
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Fig. 18 Battery mass per unit with altitude group A, B (left), and with inclination group C (right)
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Fig. 19 Battery volume per unit with altitude group A, B (left), and with inclination group C (right)

6. EPS Interaction with other Subsystems

In addition to the operation of power generation or energy storage elements, the other satellite
subsystems (EPS loads) operation and performance are affected significantly by the change in orbit
parameters.
When the amount, rate and profile of energy consumption vary, the operation and performance of EPS and
its elements are affected consequently. So it is necessary to evaluate the influences of orbit parameters on the
operation of the subsystems which have interactions with EPS. These interactions could be direct via the
electrical connections or they could be indirect through the thermal interfaces.
Two samples of these interactions are considered briefly in this study, and the relevant impacts are calcul ated
for certain subsystems which are in different levels of importance from the viewpoint of interaction with
EPS.
1) In telemetry/telecommand subsystem and/or in satellite payloads, transmitters are commonly the major
loads of EPS. Satellite access time and pass number determine the amount and regime of power consumption
by the transmitters. So their dependencies on orbit parameters and their effects on power sources should be
evaluated and calculated for total mission life.

19



Proceedings of the 8" | CEENG Conference, 29-31 May, 2012 | EE156-20 |

In this paper, a ground station (GS) is chosen in Suez Golf area, access number, average access time per
revolution are calculated by using (STK 8.1) for this GS, and then according to these data, the total access
time after 3, 5 years can be calculated from (31) and then all data are presented in Figs. 20-22.

Total accesstime (3, 5 years) hr =

Access number #( 3,5 years) X Average access time per revolution | sec!
160 x60)1"3,5years!

(31)

Accessrunbe ()

QN
40 50 an ™ a0 a0 100 ji(eo] 120
Afitude(Km)

Fig.19  Access number with atitude group A, B (left), and with inclination group C (right)
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Fig. 20  Average accesstime per revolution with altitude group A, B (left), and with inclination
group C (right)
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Fig. 21 Total accesstime with atitude group A, B (left), and with inclination group C (right)

20



Proceedings of the 8" | CEENG Conference, 29-31 May, 2012

| EE156-21 |

It is assumed that the maximum power consumption (100 watts) happens in each cycle, and if the access

timesis considered to be equal to the average access time, then the energy consumption, and average DOD%
are calculated from (32)-(33) and then presented in Figs 23-24, these data can be extracted to show the
impacts of orbit parameters on energy consumption and battery operation.

P. watt X Total access time hr (3,5 years)

Kwhr Transmitters (3, 5 years) =
(32)

10

00

Where (Kwhr Transmitters) isthe Energy consumption by the transmitters

Average DOD

Transmitters

(3,

Kwhr Transmitters! 3,5 years! x Z000 x 100 x 60

5 years)

| P, watt x OPI 3,5 yZars 'min x Access number #(3,5 years !

(33)

Energy Consumption by Transmitters (whr)

Fig. 22

Eragy Greungionby Tasnitas (i)
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Energy Consumption by Transmitters with altitude group A, B (left), and with inclination
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Fig. 23 Average DOD with altitude group A, B (left), and with inclination group C (right)

2) As mentioned before, any variation of atitude or

eclipse parameters.
the satellite thermal condition.

Eclipse duration and fraction have

On the other hand,

beta angle,
the most
thermal  behavior

many parts/elements/subsystems strongly depend on thermal conditions.
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For example, using heaters for battery is not avoidable sometimes, especialy when the satellite goes through
the earth eclipse and faces a cold condition. When the inside temperature becomes lower than the permitted
level, the battery will be affected significantly, because it is one of the most sensitive el ements to the thermal
conditions. Though; heaters are needed, they must be supplied by battery, so there is a mutual interaction
between them. The evaluation of the impacts of using a 10-watt heater, for the (Lithium — ion) battery of our
satellite can be calculated from (34), and (35), and then presented in Figs 25-26.

Kwh (Heaters) (3, 5 years) =

( 10 watt X T, | 3,5 vearC l min X ( # cycles (3,5 vears| )

{60 X 1000 (34)
Where Kwh (Heaters) is the Energy consumption by the Heaters
Average DOD %( Heaters) 3, 5 years)
Kwh' Heaters ! 3,5 years) X 60 X 1000 x 100

P.watt X OP( 3,5 yZars min X | # cycles 3,5 years) (35)
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Fig.24  Energy Consumption by the Heaters with altitude group A, B (left), and with inclination group C (right)
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Fig. 25 Average DOD with atitude group A, B (left), and with inclination group C (right)
By adding energy consumption by transmitters (32) and energy consumption by heaters (34) in order to
calculate the total energy consumption (TEGC) then comparing the result with the total energy generated by
solar array (TGE) (23), and presenting the resultsin Fig. 26.
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Fig.26 Tota Energy Consumption by (transmitters & heaters) versus Total Energy generated by Solar
Array with altitude group A, B (left), and with inclination group C (right).

As shown in Fig. 26, group (A) enables maximum value for the total generated energy (T=E ) by solar array
during the mission at atitudes ranging between (700-1200) km. Group (B, C) TGE is greater than TEGC for
al atitudes and inclination angles of the selected range.

7. CONCLUSIONS

The impacts of orbit parameters change are investigated for EPS, solar array and battery sizing, their
operation and performance. Thisis done by comparing the EPS specification for different atitudein atypical
LEO proposed satellite. Indirect effects on the EPS operation due to its interaction with the other subsystems
have been analyzed and described. Quantifying these impacts help the EPS designer to define more precise
margins, to achieve a better EPS design and performance.

From our research results, it is clear that eclipse time and its fraction that dightly change the battery
specifications.

The variation of eclipse time versus inclination angle is relatively complex, mostly in the area of inclination
angle of sun synchronous (SS) orbits. In the near future, this area should be investigated thoroughly from all
aspects to determine whether it is possible to make use of it or not, since the eclipse time is very small
(13.09 min) compared to other eclipses times which means less PV, batteries requirements.

It is concluded that Group (A) enables maximum value for each of the solar array operation coefficient
which is calculated close to (93.83 %), average operation time during 3 and 5 years and total generated
energy by solar array during the mission at altitudes ranging between (700-1200) km. More importantly, we
arrived at the minimum mass and area for solar array simultaneously with minimum values for the batteries’:
mass, volume, capacity, and total number of cycles. Accordingly it saves the energy consumption by the
heaters at the highest atitude of the selected range, this leads to reduce the charge/discharge cycles so it
would be possible to use the battery with more DOD or use the battery for alonger life with the same DOD,
which means lower degradation and higher performance.
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Group (B) at the highest atitude of the selected range and group (C) at the area of inclination angle ranging

between 40 deg and 45 deg are the optimum choice from the point of view of the communication designer

athough this will lead to higher energy consumption while the total generated energy by the solar array at

this areawill be double the required energy.

To explore an exact mission design successfully, we must remove the walls between the sponsor, space

operators, users or customers, and developers so that they all become one team. A good team considers the

mission’s operations, objectives and requirements as well as the available technology to develop the best

possible mission concept at the lowest possible Life-cycle cost.

In future the use of flywheel will help satellitesto stay longer periods up to 20 years or more.
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